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Fig.3 Correlation of cyclic wall temperature results.

of Ref. 2 as to the magnitude of AQ,. These results, of
course, lack experimental verification.

An attempt was made to correlate the results of the cy-
clic wall temperature cases in terms of the maximum de-
viation of heating rate, AQ.,, from the constant wall tem-
perature data such as ATy /Tw, w, xw, Rw, and R(xy). In
order to assist in correlating these data, several cases were
run in which the values of ATy /Ty and w are outside the
range of practicality for actively cooled transports. In all a
total of 50 cases were analyzed. The result for one appar-
ently successful correlation is shown in Fig. 3. The
straight line faired through the 50 data points has the

equation
AQw ATw w -0.36( )-0.25
Qw = 4.88 Tw ( Xw) ’ Rxw

Using this correlation one sees that it is possible to have
rather large variations in the heat transfer rate due to a
cyclic wall temperature distribution. However, when one
examines the result for values of (AT, /Tw), W, Xw, and
R(x,,) that are practical for a Mach 8 aircraft, the varia-
tion in heat transfer rate is less than about six percent
which is believed sufficiently small so that there is no
need to couple the conductive thermal. analysis used for
panel design with a boundary-layer program.
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Pitching Moment Coefficients for
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Nomenclature
Us = freestream velocity
a = angle of incidence
b = wingspan
¢ = mean wing chord = S/b
= : L2
¢ = mean aerodynamic chord = = f c2(y)dy
SJ-b/2
S = wing area
A = aspect ratio
A = taper ratio
v = kinematic viscosity
Re = Reynolds number = Ux ¢/v
C. = lift coefficient = L/(p(U2)S/2)]

Cr, = pitching moment coefficient = M /(p(U2)S¢/2), nose-up posi-
tive, referred to the quarter-chord point of the mean aero-
dynamic chord projected on the plane of symmetry, Nas

Introduction

IT is well known that lift and pitching moment coeffi-
cients of slender wings and fuselages depend nonlinearly
on the angle of incidence.l-2 This behavior is related to
flow separation which leads to the formation of trailing
vortices above the upper surface of such wings and bodies.
The nonlinearities arise from the fact that the position of
the trailing vortices with respect to the wing and the body
changes with the angle of incidence.

For combinations of slender wings and fuselages very
strong interference effects have to be expected and the
occurrence of nonlinear lift and pitching moment coeffi-
cients may result from the following effects: 1) effect of
the wing vortices on the wing, 2) interference effect of the
wing vortices on the fuselage, 3) effect of the fuselage vor-
tices on the fuselage, and 4) interference effect of the fuse-
lage vortices on the wing. The effect 1) has been dealt
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Fig. 1 Wing-body combination: Distribution of singularities
after linear and nonlinear theory. (@) Doublet distribution
along the fuselage centerline. @D Vortex distribution in the wing
plhne.u@ ITrailing vortices in the wing plane = linear theory.?
() Trailing vortices inclined against the wing plane = present
o - nonlinear theory. :
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Fig. 2 Aerodynamic coefficients for a slender body mid-wing
configuration at different rear positions of the wing, Re = 1.9
" X 108, a) Lift curves, C.(aw ). b) Pitching moment curves,

. m (0 )

with by Gersten?-? for small aspect ratio wings. The inter-
ference effect 2) has been treated by Hafer? for wings of
large aspect ratio. Here we propose to deal with both effects
for wings of small aspect ratio.*

VOL. 11, NO. 8

Experimental Investigations

These influences have been studied by means of an
extensive experimental research program. Three com-
ponent wind-tunnel measurements as well as flow in-
vestigations have been carried out on various slender
wings, fuselages, and their combinations. Three sharp-
edged wings of aspect ratio A = 1 and of taper ratios A
=1 (rectangular wing), A = 0.5 (trapezoidal wing), and A
= 0.125 (cropped delta wing) have been investigated. The
five fuselages used in the tests had thickness/length ratios
of 0.05 and 0.10, and were cylindrical bodies with various
shapes of the nose and of the afterbody. The wing-body
combinations had body-thickness wing-span ratios of 0.2
and 0.4. The wings were located at the centerline of the
fuselages and their rear position was altered in a wide range.

The experimental investigations have shown that the
effects of the fuselage vortices, effects 3 and 4, are small
compared with those of the wing vortices, effects 1 and 2.
In addition to the well-known effect of the wing vortices
on the wing itself, effect 1, for wing-body combinations

an interference effect turned out to be important which

mainly results from the influence of the wing vortices on
that part of the fuselage which is located behind the wing,
effect 4. Therefore, if the rear position of the wing with
respect to the fuselage is increased, this interference effect
decreases and the nonlinear portions of the lift coefficients
and especially of the pitching moment coefficients are re-
duced. ’

Theoretical Investigations

Considering these experimental results, the linear theo-
ry of lifting wing-body combinations after Hafer® has been
extended to the calculation of nonlinear lift and pitching
moment coefficients of slender wing-body combinations.
In this approach, the fairly weak trailing vortices of the
fuselage were neglected and only the influences of the
trailing vortices of the wing have been taken into account.
In the linear theory of Hafer, the fuselage is represented
by a distribution of doublets along the center line of the
fuselage. The wing is replaced by a continuous vortex dis-
tribution and a trailing vortex sheet which are located in
the plane of the wing as indicated in Fig. 1 by configura-
tions I-III. This leads to a linear dependence of the aero-
dynamic coefficients on the angle of incidence. In the
present nonlinear lifting wing-body theory,* the wing is
represented by the vortex model of the nonlinear lifting-
surface theory after Gersten as given by configuration IV
in Fig. 1. In this theory the trailing vortices are located in
sheets inclined at an angle of a. /2 with respect to the
wing plane. For this vortex model the effect of the trailing
vortices on the wing can be calculated by means of the
nonlinear theory after Gersten.l:2 In order to determine
the interference effect of the trailing vortices on the fuse-
lage, a new method for calculating the induced velocities
at the fuselage centerline has been developed. The present
calculation procedure is similar to that applied by Hafer;
i.e., the induced velocities produced by the wing at the
fuselage centerline and by the fuselage at the wing surface
are taken into account simultaneously.

In Fig. 2, some results of calculations after the present
nonlinear theory for a slender body mid-wing configura-
tion at different rear positions of the wing with respect to
the fuselage are compared with experimental results. The
configuration consists of a cylindrical body with an ogival
nose and the cropped delta wing of aspect ratio A = 1 and
taper ratio A = 0.125. Furthermore, the results of the lin-
ear theory after Hafer are shown for comparison.

In Fig. 2a the lift curves C(a= ) are plotted for the most
forward wing position @, the medium wing position ®,
and the most rearward wing position ®. Comparison be-
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- tween theory and experiment shows that the experimental
data are well predicted by the present nonlinear theory for
all rear positions of the wing, whereas the results of the
linear theory show good agreement for very small angles of
incidence only. The pitching moment curves Cn(a..) are
plotted in Fig. 2b for five different rear positions of the
wing. The present nonlinear theory gives excellent agree-
ment with the experimental data for all wing positions.
The improvement achieved by the nonlinear theory com-
pared with the linear theory is remarkable.

The results of sample calculations carried out on slen-
der body mid-wing configurations for other body shapes
and other wing plan forms show also fairly good agree-
ment with experimental results.*
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Some Characteristics of Airfoil-Jet
Interaction with Mach
Number Nonuniformity
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Introduction

A STOL concept of current interest is the upper surface
blowing configuration where the high-velocity jet from
high-bypass-ratio engines blows over the wing surface.
The high lift derives not only from the Coanda effect
when the flap is deflected, but also from the aerodynamic
interaction with the relatively thick jet. Shollenberger?
has analyzed a similar configuration including the effects
of 2-D nacelle and jet distortion. The case where the air-
foil is in a midstream of one velocity with different veloci-
ty regions above and below has been treated by Ting and
Liu.2 In both investigations the flow has been assumed
9.D, inviscid, and incompressible. The effect of Mach
number nonuniformity where the jet Mach number is dif-
ferent from the freestream value has not been investi-
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gated. The Mach number nonuniformity may occur not
only at low speed with high thrust but also at high-speed
cruise flight.

In this Note, the image method will be used to examine
the upper-surface-blowing jet-airfoil interaction with
Mach number nonuniformity. The formulation represents
an extension of the classical incompressible results.2-3
Some characteristics of the interaction will be discussed.
The main assumptions are 1) inviscid linear theory, 2)
two-dimensional jet, 3) no turbulent mixing, and 4) no
airfoil thickness effect.

Mathematical Formulation

A plane jet with Mach number M5 is assumed to be im-
bedded in a freestream of Mach number M;. A thin airfoil
is placed at a distance h below the lower jet surface, as
shown in Fig. 1. For A = 0, this may represent an ideal-
ized configuration with upper-surface blowing jet. The in-
duced velocity vector due to a two-dimensional vortex.
with strength T in the linearized compressible flow can be
shown to bet

q = (Tp/2n)ilz — 2"

—k(x ~ N/ — 2V + Bz - 2'V) ()
where 8 = (1 — M?)¥2, To examine how disturbances re-
flect and diffract at the interface of two flows of different

energy levels, consider a vortex of I'y at 27 = —h in region
1 (See Fig. 2). The boundary conditions at z = 0 are3

wy/Vy = wy/V,  (Flow tangency) )

p1Viuy = pVou,  (Pressure continuity) 3)

Because of the presence of the vortex T'y at (x’, —h), the
flowfield in region 2 will be disturbed. Following Koning’s
concept® for incompressible flow, a vortex of strength b at
z’ = —B1h/B2 will be introduced. It follows that the in-
duced flow in region 2 can be written as

BBy, iz + BBy — klx — x)

=2 G-« + Bl + BB @
On the other hand, the disturbance due to the vortex I'y
will be reflected back to region 1 at the interface, as rep-

resented by a vortex of strength “a” at the image point in
region 2. Hence, the total induced flow in region 1 is

N Flﬁl 1(2 + h) - k(x — x')
% =35 (x — x")2 + B2z + h)2
apy iz — 1) - kix — x")
27 (x — x")2 + B2z — KR ()

Using Egs. (4) and (5) together with Egs. (2) and (3),
the unknown vortex strengths a and b can be found to be
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